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TIPS AT MACH NUMBER 1.9 
I - WING TIP WITH SUBSONIC LEADING EDGE 
By James M. Jagger and Harold Mlrels 


SUMMARY 

An investigation has "been conducted at a Mach number of 1.91 to 
determine the spanwise pressure distribution over a wing tip in the 
region influenced by a sharp subsonic leading edge swept back at 70°. 
The supersonic part of the leading edge was normal to the free 
stream. The wing section was a symmetrical wedge of 5° 43* total 
included angle in the streamwise direction. The investigation was 
conducted over a range of angles of attack from -16° to 16°. 

The experimental data were in good agreement with linearized 
theory for small angles of attack, but the difference between theory 
and experiment increased with angle of attack. Except for the pres- 
sure distribution on the top surface in the immediate vicinity of 
the subsonic leading edge, the maximum difference (expressed as a 

percentage of free-stream dynamic pressure) was 2| percent for 

angles of attack up to 4° and 7 percent for angles of attack up to 
8°. The pressures on the top surface nearest the subsonic edge 
indicated local expansions beyond the values predicted by linearized 
theory. The bottom surface in this region, however, continued to 
agree fairly closely with linearized theory. Where consideration 
of the Mach number on the wing surface indicated that a pressure 
orifice was in the two-dimensional-flow region, the agreement 
between exact two-dimensional theory and the experimental data was 
generally excellent. 


INTRODUCTION 

Linearized solutions for the pressure distribution over thin 
supersonic wings have been presented in numerous papers (for example, 
references 1 to 5). These derivations assume nonviscous flow and 
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small perturbation velocities. The applicability of these assump- 
tions to a real fluid flowing past a wing of finite thickness can 
be determined only by experiment. Relatively few investigations 
have been reported that compare experimental pressure distributions 
over three-dimensional wings with those predicted by linearized 
theory. An investigation of a 63° swept airfoil of biconvex sec- 
tion is presented in references 6 and 7. Close agreement between 
theory and experiment was obtained for all regions except those 
influenced by the subsonic trailing edge and the tip. 

Results of the first part of an investigation conducted at the 
NACA Lewis laboratory to determine pressure distributions in those 
regions of a three-dimensional wing where the use of linearized 
theory may be questionable are presented herein. Experimental pres- 
sures and the resulting load distribution in the neighborhood of a 
sharp subsonic leading edge (along which linearized theory predicts 
infinite pressures) are compared with theory. 
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SYMBOLS 

The following symbols are used in this report: 

pressure coefficient, (p~Pq) / do 

1+ co ‘ b 6 


constant whose value is 


1- 0 n cot e 


free- stream Mach number 

Mach number on surface of wing in two-dimensional region 

local static pressure on wing surface 

free- stream static pressure 

static pressure determined from experiment 

static pressure predicted by linearized theory 

free-stream dynamic pressure, i p 

2 — 

free-stream velocity 
Cartesian coordinates 


NACA EM No. E8K26 


3 


a angle of attack measured between chord line and free- 

stream direction 

B o - 1 fttf-i 

p^y/x conical coordinate 

0 angle of sweepback of subsonic edge 

free-stream static density 

a half wedge angle measured in y= constant planes (slope) 

cp perturbation Telocity potential 

Subscripts : 

B bottom wing surface 

T top wing surface 


APPARATUS AND PROCEDURE 

The investigation was conducted in the Lewis 18- by 18-inch 
supersonic tunnel. From a previous calibration, the Mach number in 
the vicinity of the wing was determined to be 1.91 with a maximum 
variation of ±l/2 percent. The Reynolds number was 3.4 x 10^ per 
foot. 


A photograph of the wing model installed in the tunnel is shown 
in figure 1. The model was mounted on a sweptback strut. The angle 
of attack was varied by changing the angle of the strut with respect 
to the air stream and was read on a vernier scale to an accuracy of 

±2| minutes. 

A sketch of the wing model showing the principle dimensions is 
presented in figure 2. The forward wing section, in which the 
orifices were located, was a symmetrical wedge with an included 
angle of 5° 43' in the free-stream direction. The supersonic lead- 
ing edge was normal to the air stream and the subsonic leading edge 
was swept back at an angle of 70°. 
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The model was machined from two pieces of tool steel; the rear 
section was a fairing to decrease the magnitude of the disturbances 
toward the rear of the model. The leading edges were straight and 
were ground to knife edges. After instrumentation had been installed, 
the two pieces of the wing were fastened together and the entire 
model was finish -ground. 

The location of the static-pressure orifices is shown in fig- 
ure 2. The orifices were 0.010 inch in diameter, sharp-edged, and 
free of burs. Pressures were photographically recorded on a 
multiple-tube manometer board using tetrabromomethane as the manom- 
eter fluid. 


THEOEY 

The pressure coefficient on the surface of the wing at angle of 
attack can be expressed, according to linearized theory, as 

C p = C p (o) + C p (a) (1) 

where 

Cp(a) pressure coefficient on surface of given wing at zero angle 
of attack 

C_(a) pressure coefficient on surface of flat plate, of given 
plan form, at angle of attack 

These pressure coefficients can be derived from the perturbation 
velocity potential. 


The potential in the three-dimensional flow region 
(_1< p o y/x<l) for the wing at zero angle of attack, obtained from 
reference 5, is 


, x uo 

m sr 0 


-2x tan" 1 


' x+p 0 y 


+ 


(K-l)x-(K+l)p 0 y 

/k 


log e 


^(K-l)x-(K+l)p 0 y 
^K(x-p 0 y) +Vx+(3 0 y 


NACA EM No. E8K26 


5 


The coordinate system is illustrated in figure 2. The corresponding 
pressure coefficient is then 


c p , T (a) = - 


2 (P ) 

U dx 



( 2 ) 


The flow is conical, as evidenced by the fact that the pressure 
coefficient depends only on p^y/x. The linearized pressure coef- 
ficient for the two-dimensional region 0Qy/x<-l is obtained by 
setting PQy/x = -1 and yields 


C p,T^°^ - 2a /^0 


(3) 


The pressure distribution is identical for the top and bottom sur- 
faces of a symmetrical wing at zero angle of attack; thus 

C p,T( a ) = C p,B^ a ^ 


The perturbation velocity potential in the three-dimensional- 
flow region of the flat-plate wing, also obtained from reference 5, 
is r 


<P T (a) 


Ud 

"PQ 


(K+l) (x+p 0 y) [(K-l)x- (K+I)p 0 y] 
K 2 


+ 2x tan - "*" 


(K-l)x-(K+l)P 0 y 

(K+l)(x+0 o y) 


The corresponding pressure coefficient is then 
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(5) 


For the two-dimensional region , this expression reduces to 


C p,T^ a ^ = " 2a /Po 


( 6 ) 


The pressure distribution on the bottom surface of a flat-plate 
wing is the negative of that for the top surface, or 


Equations (l) to (7) completely define the linearized pressure distri- 
bution for the experimental wing model. 

The flow in the two-dimensional region is equivalent to flow 
about a wedge. A nonviscous fluid solution, herein designated the 
exact two-dimensional solution, is available from the oblique shock 
and Prandt 1-Meyer relations (reference 8). 

Linearized theory, which assumes a constant Mach number 
throughout the flow field, defines the two-dimensional region as 
0Qy/x<-l. A more accurate definition is 0]_y/x^-l, where is 

determined from the exact two-dimensional solution for flow about 
the wedge. Thus an orifice in the neighborhood of pQy/x = -1 may 
be in either the two- or three-dimensional flow region, depending on 
the angle of attack. With increasing positive angles of attack, the 
effective area of the two-dimensional region increases on the top 
surface and decreases on the bottom surface . 


The wing model was investigated over the range of angles of 
attack from -16° to 16°. Because of wing symmetry, the pressures 


C p ,T( a ) = “ c p,B( a ) 


( 7 ) 


RESULTS AND DISCUSSION 
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on one surface at a positive angle of attack should equal the pres- 
sures on the opposite surface at the same negative angle of attack. 
The experimental data for both positive and negative angles of 
attack are therefore presented in figures 3 to 6 to correspond to 
the top and bottom surfaces of the wing through the positive-angle- 
of -attack range. Schlieren photographs indicated that after the 
wing had been turned beyond an angle of 10°, the shock wave was 
detached from the sweptback support strut and influenced the pres- 
sure orifices on the bottom wing surface, which made the data 
unreliable. Because the detached shock wave had no apparent effect 
on the top-wing-surface pressures, data are presented up to an 
angle of attack of 16° for this surface. 


Pressure Distributions 

Vicinity of two-dimensional-flow region. - The experimental 
variation of pressure coefficient at orifice station PQy/x = -1.27 
is compared with both linearized and exact theory in figure 3(a). 
The experimental data are in excellent agreement with the exact 
theory for the entire range. Linearized theory shows very good 
agreement for the top surface in the neighborhood of the angle at 
which the top surface is parallel to the flow (a = 2° 52'). With 
changes in angle of attack from the parallel-flow condition, lin- 
earized theory and the experimental data diverge continuously. 

The results for stations pQy/x = ”1.07, -0.91, and -0.77 are 
presented in figures 3(b) to 3(d). The angles of attack for which 
each orifice was in the two-dimensional region (Ppy/x<-l) are 
noted in these figures. The agreement between experiment and exact 
two-dimensional theory is generally excellent in this range. The 
divergence between experiment and the exact theory is seen to occur 
when the orifice is well within the three-dimensional-flow region. 

A similar effect of local wing Mach number is noted in reference 6. 
The effect of the tip, as predicted by linearized theory, is to 
diminish the magnitude of the pressures below those existing in the 
two-dimensional region. 

Center of three-dimensional-flow region. - Linearized theory 
and experiment are compared in figures 3(e) to 3(i) for stations 
well within the xhree-dimensional-f low region. Close agreement for 
angles of attack involving small surface deflections, and the 
characteristic divergence between experiment and theory with 
increasing angle of attack, are again evident. 

Vicinity of subsonic leading edge. - The experimental data 
obtained from orifices in the immediate vicinity of the subsonic 
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leading edge are presented in figures 3(j) to 3(i), The first 
severe departure from linearized theory, a rapid decrease with angle 
of attack in the pressure coefficient for the top surface, is shown 
in these figures. This discrepancy can be accounted for by consid- 
eration of the flow in the neighborhood of the subsonic edge. In 
this region, the local deflections undergone by the component of 
the flow parallel to the edge are negligible compared with those 
undergone by the normal component of flow. The pressure distribu- 
tion in this region is therefore comparable to that for a sharp- 
edged airfoil at a high subsonic Mach number. (The total included 


2 ° 

wedge angle measured normal to the subsonic edge is 16| for the 

experimental model; the normal Mach number is 0.65.) In the inves- 
tigation of such airfoils discussed in reference 9, an expansion 
around the edge of the type encountered in supersonic flow was 
observed, which terminated in an oblique shock; no separation was 
noted. 


A plot of the sparrwise pressure distribution on the top sur- 
face is presented in figure 4 for three representative angles of 
attack. At a 4° angle of attack, the data from stations 
J3 0 y/x = 0.47 and 0Qy/x = 0.43 indicate a rapid compression, but 
the pressure coefficients at these stations are considerably lower 
than those predicted by linearized theory because of the expansion 
around the subsonic edge. The curve for the 8° angle of attack 
indicates that expansion continues to station PQy/x = 0.43 and 
then a rapid compression occurs. This compression may be asso- 
ciated with an oblique shock. At the 14° angle of attack the 
expansion continues until pQy/x = 0.30 before the compression 
occurs. 

The sharp drop in pressures on the top wing surface observed 
in figures 3(j) to 3 ( Z ) can thus be attributed to a local expansion 
of the normal flow about the subsonic edge. The severity and extent 
of the expansion region increased with angle of attack. The analogy 
between the subsonic leading edge and a sharp-edged airfoil in sub- 
sonic flight indicates that no unusual flow phenomenon is to be 
expected on the bottom surface. The pressures on the bottom surface 
agreed fairly closely with linearized theory for those stations. 


Differences between Linearized Theory and Experiment 

The applicability of linearized theory for determining the pres- 
sure distribution on the given wing configuration is illustrated in 
figure 5 where the difference between the experimental data and the 
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predictions of linearized theory is presented as a percentage of 
free- stream dynamic pressure. The curves for orifices in the range 
-1.27 < 3 0 y/x<0.16 are similar and follow the characteristic trend 
of increasing divergence between linearized theory and experiment 
with increasing angles of attack. The limiting curves 

(|3q y/x = -1.27 and 0.16) for this range are shown in figure 5. 
The maximum difference is 2^ percent for angles of attack up to 4° 

u 

and 7 percent for angles of attack up to 8°. For the stations near 
the edge (0.30^ 0 o y/x ^0.47), the observed difference for the top 

surface reached a maximum magnitude of 15- percent. The difference 

for the bottom surface in this region, however, did not exceed 
4 percent. 


Load Distribution 

Experimental values of load coefficient, expressed in parameter 
form, are compared with linearized theory in figure 6. The experi- 
mental values are generally higher than the theoretical. Stations 
nearest the subsonic edge show the largest disagreement. The 
disagreement is associated with the low pressures on the top surface 
in this region. 


SUMMARY OF EESULTS 

An investigation has been conducted at a Mach number of 1.91 
to determine the spanwise pressure distribution in the tip region 
of a wing having a sharp subsonic leading edge. 

The experimental data were in close agreement with linearized 
theory for the range of angles of attack close to that at which the 
airfoil surface is parallel to the free- stream direction. Experi- 
ment and linearized theory diverged continuously with increasing 
angle of attack. Except for stations in the immediate vicinity of 
the subsonic leading edge, the maximum difference (expressed as a 

percentage of free- stream dynamic pressure) was 2^ percent for 

angles of attack up to 4° and 7 percent for angles of attack up to 
8°. For stations on the top surface nearest the subsonic edge, 
local expansions beyond the values predicted by linearized theory 

were indicated and the maximum observed discrepancy was 15| percent. 
The bottom surface in this region, however, continued to agree 
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fairly closely with linearized theory. Where consideration of the 
Mach number on the wing surface indicated that a pressure orifice 
was in the two-dimensional flow region, the agreement between exact 
two-dimensional theory and the experimental data was generally 
excellent . 


Lewis Flight Propulsion Laboratory, 

National Advisory Committee for Aeronautics, 
Cleveland, Ohio. 
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Figure 1. - Installation of wing model in 18- by 18-inch supersonic tunnel. 
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Figure 2. - Sketch of wing-tip model showing principal dimensions and locations of 

pressure orifices. 
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Pressure coefficient, (p- Pq)/Qq 



(a) Poy/ x ■ -l- 27 « 

Figure 3. - Variation of pressure coefficient with angle of attack at each orifice station. 
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Pressure coefficient, (p-Pq)/QO 
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(b) P 0 y/ X = “1.07. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station. 
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Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station 
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Pressure coefficient, (p-PqJ/Qo 
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(d) P 0 y/* = -0.77. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station. 
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Pressure coefficient, (p-p n )/q 
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(e) P 0 yA * -0.63. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station. 
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Pressure coefficient, (p-p n )/q 
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Figure 3. - Continued. Variation of pressure coefficient with angle of attack of each orifice station. 
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Pressure coefficient, (p-p^J/q 
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(g) PoyA = -0.16. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station. 
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Pressure coefficient, (p-p )/q 
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Figure 3. - Continued. Variation of 
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Pressure coefficient, (p-p 0 )/q 
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( 1 ) P 0 y/* 1 0.16. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station 
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Pressure coefficient, (p-p n )/q 
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(J) P 0 yA * o.3o. 


Figure 3. - Continued. Variation of pressure coefficient with angle of attack of each orifice station. 
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Pressure coefficient, (p-p n )/q 
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(k) P Q y/x = 0.43. 

Figure 3. - Continued. Variation of pressure coefficient with angle of attack at each orifice station. 


» * 


i « 


NACA RM No. E8K26 


Pressure coefficient, (p-p n )/q 
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( l ) P Q y/jc = 0.47. 


Figure 3. - Concluded. Variation of pressure coefficient with angle of attack at each orifice station. 
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Pressure coefficient, (p-PqJAlo 
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Figure 4. - Pressure coefficients on top surface in vicinity of 

subsonic leading edge. 
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Figure 5. - Difference between experimental data and linearized theory in percentage of 

free-stream dynamic pressure. 
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Figure 6. - Comparison of observed and theoretical load distribution. 
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